INTRODUCTION
High performance of a Nuclear Thermal Rocket (NTR), typically achieved through the use of high area ratio (e > 100:1) convergent-divergent (C-D) nozzles, can be achieved with a reduction in nozzle length (and weigh0 by using unconventional nozzles, including single expansion plug nozzles. The NTR nozzle testing and evaluation program being conducted at the NASA Lewis Research Center CLeRC) will experimentally validate existing nozzle performance codes and compare the measured performance of high area ratio C-D nozzles with similar plug nozzles.
Two sets of testing will be performed.
The first set will compare the cold flow performance of a low thrust C-D nozzle with a plug nozzle. The second set of testing will measure the hot flow performance of a high thrust 200:1 plug nozzle. In both sets of tests, engine thrust and propellant weight flow will be measured to calculate nozzle specific impulse. Pretest measurement uncertainty analyses have been performed and the results will be compared with posttest analyses. Post-test analysis comparison with actual test conditions will validate the technical codes.
PROGRAM DESCRIPTION
Demonstration of a simulated Nuclear Thermal Rocket (NTR) will be accomplished at the NASA Lewis Research Center as part of the NTR nozzle testing and evaluation program currently in progress. The program is comprised of two phases: Phase 1 encompasses cold-flow testing, and Phase 2 contains hot flow tests.
Phase 1 is broken into two parts. The objectives of Phase 1-A include validating the computer program which was used as part of this effort to predict the performance of low thrust (445 N, 100 lbf), high area ratio, convergentdivergent nozzle rocket engines using room temperature diatomic hydrogen as the working fluid. Phase 1-B will validate the analytic perfohnance prediction of a high area ratio plug nozzle rocket engines operating at the same conditions as in Phase 1-A. Comparisons between the plug nozzle performance and C-D nozzle performance will be made. (Kacynski et. al., 1987) water, exit the spray cooler through a vertical drain line into a cylindrical detention tank. This vertical drain line functions as a barometric leg, allowing water to exit while preventing atmospheric air from entering the spray cooler.
The remaining exhaust gases (the noncondensibles) are pumped by the gaseous-nitrogen-driven ejectors shown mounted on top of the spray cooler. Four ejectors, connected in a series-parallel arrangement, provide two Wains of two stages each. The exhaust from these ejectors is directed up through two short stacks and vented to the atmosphere.
In tests involving only hydrogen (Phase 1), only the ejectors are used to remove the exhaust gases.
The test engine is mounted on the horizontal thrust stand. The thrust stand can measure 13.34 kN (3,000 lbf) of thrust full scale and is attached to a foundation that is separate from the test capsule bulkhead. The thrust structure passes through the test capsule bulk head by means of isolation ports that are sealed by metal bellows and are attached to the concrete outside the test capsule. The thrust stand is designed to have a 20 variation of less than 0.1 percent of full scale thrust. While at altitude the thrust stand can be calibrated remotely against an additional load cell. This
,.
calibration load cell had a 2o variation of less than 0.05 percent of full scale and a calibration waceable to the National Bureau of Standards. (Kacynski et. al., 1987) Test Hardware
Research hardware required for Phase 1-A is a single cold-flow C-D nozzle assembly. For Phase l-B, multiple cold-flow plug nozzle assemblies (each _ differing in the amount of truncation) will be necessary. Phase 2 of the "_,__ program, the hot flow tests, will make use of three cooled or heat " _ sink plug nozzle assemblies. Details of Phase 1-A and Phase 1-_ll B hardware are given below.
_
The hydrogen injection apparatus is comprised of 2-_--_,,,,__ _ flow straighteners, a series of either rigimesh or _r-_L_//|_ _"-t--_-_gT--___ "-"_ porous steel plates to mix the hydrogen and a __'-___1___ 1 _.___-_. A coldflow convergent-divergent nozzle was designed that employs a Rao contour, designed with an area ratio of 200:1.
Coldflow plug nozzles (Figure 2 ) designed to the same exit Mach number (-9.2) as the C-D nozzle. The throat section is comprised of 100 two-dimensional channels at the throat with perfect bell contours. Where the twodimensional bell contours end and the plug contour begins, flow conditions (Mach number and flow angle) were matched.
Instrumentation
The engine instrumentation system for Phase I-A is displayed in Figure 3 and for Phase I-B in Figure 4 . Hydrogen flow rates are determined using calibrated sonic venturis. Temperatures are measured using ChromeI-Constantan thermocouples. A thermocouple type vacuum gauge is used to measure the vacuum reference pressure while the remaining pressures are measured by strain-gauge bridge type pressure transducers. Absolute and differential pressure transducers are used. The thrust stand is capable of measuring thrust levels to 13.3 KN (3000 lbf) and was designed to have a random error of less than 0.1% of full scale.
Instrumentation in the facility's data acquisition system provides analog signals that are recorded and converted to a digital signal by an automatic data digitizer at a rate of 50 readings per second per parameter. The computer averages the values in groups of five to provide data output at 0.1 second intervals.
Site thrust, the force actually acting on the test stand, is measured by a triad of load cells in a parallel configuration to account for a thrust vector which is not perfectly aligned with the rocket engine's centerline axis. Similarly, other transducers may be shown in Figures 3 and 4 as one device when, in fact, there may be more than one instrument recording data at that location. In these cases, the redundancy was to identify faulty transducers should one fail.
Upstream of the sonic venturi, propellant line pressure and temperature are recorded. Just upstream of the injector, each propellant's pressure and temperature is again measured. Pressure transducers are located in the subsonic chamber and differential transducers between the injector and chamber pressure transducers to allow for direct measurement of injector pressure drop. Redundant measurements of injector pressure drop are also obtained by subtracting the chamber pressure from the injection pressure. Differential pressure transducers, referenced to a vacuum tank, are used to measure nozzle wall static pressure and capsule (ambient) pressure (Kacynski et. al., 1987) .
Test Ooeratin_ Ranges
Test conditions for the cold flow tests include low chamber pressure (less than 2 MPa, 300 psia), low Reynolds number flow, and room temperature H 2 gas (286 K, 515 R). Limits imposed by the test facility spray cooler and ejectors determined the throat Test conditions for the hot flow tests, aimed at simulating the NTR hot hydrogen flow field, include midrange to high-range chamber pressure (_=3.5 to 13.8 MPa, = 500 to 2,000 psia), high Reynolds number flow, low mixture ratio (O/F = 2) H_O 2 propellants, and high combustion chamber temperatures (= 2,200 K, = 4,000 R).
a/re
The proposed test matrix for the cold flow tests (Phases 1-A and I-B) are given in 
PRETEST ANALYSES
performance Rocket engine performance predictions for the C-D nozzle were made using the Two-Dimensional Kinetics (TDK) computer code (Nickers<m, et. al., 1985) . Performance predictions for the plug nozzle were made using the Liquid Propellant Performance (LPP) computer code, a proprietary version of its public domain counterpart, TDK.
A performance prediction summary of the C-D and the plug nozzle is given in Table 2 . The purpose of this table is to provide information about the C-D nozzle performance rather than to compare nozzle performance values. Because LPP calculations for the plug start at the exit plane of the 2-D throat channel, there are no values in Table 2 for the plug nozzles thrust chamber operating conditions or thrust chamber performance. At the point where LPP computations begin, the flow has already partially expanded and inputs to LPP reflected the conditions at that point. One-dimensional performance values, which are calculated based on nozzle area ratio, are not available for the plug nozzle because the definition of the term "area ratio" is not clearly defined when referring to this type of nozzle.
A two-dimensional flow performance comparison between the C-D and the plug nozzles shows that the full-length plug nozzle achieves 98.9% of the predicted value of the C-D nozzle's specific impulse. However, the real benefits of plug nozzles are maximized when they are shortened in length. Based on previous analysis with a geometric area ratio of 200:1 (O'Brien 1979), plug nozzle performance as measured by vacuum thrust coefficient will decrease by approximately 1% when the length is truncated to 30% of full length, and by 1.5% when truncated to 20% of full length ( Figure 5 ). Therefore, a plug nozzle which is onefifth as long as a C-D nozzle with the same geometric area ratio is expected to have a (two-dimensional flow) performance of 271.2 seconds, which is 97.4% (a difference of 7.3 seconds) of the full length convergentdivergent nozzle.
Measurement Uncertainty
The objective of the uncertainty analysis was to determine the uncertainty on the calculated value of specific impulse from measurements taken during the NTR nozzle testing and evaluation program. A Testing will be conducted in the NASA Lewis Rocket Engine Test Facility altitude test capsule. Thrust and mass flow rate will be measured to calculate specific impulse. Pretest analyses of the C-D and plug nozzle performance shows that a full-length plug will give 98.9% of the performance of a full-length C-D nozzle. By truncating the plug to a length equal to 20% of the full-length C-D nozzle, the plug nozzle performance decreases to 97.4% of the C-D nozzle performance. The nozzle length savings, and hence weight savings, may be substantial enough to warrant consideration of a truncated plug nozzle in future propulsion system designs.
Pretest uncertainty analyses indicate measurements will result in the true preformance value to within plus or minus 1.17%. This value may be decreased by decreasing the calibration error of the site thrust load cells. The testing and analsis performed at NASA LeRC for the Nuclear Thermal Rocket program may lead to significant improvements in the design of the propulsion system. In addition, this program provides the basis for future work in the area of chemical propulsion nozzle experimentation. 
